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Abstract: Currently projected supersonic business jets target selected supersonic flight missions with
Mach numbers of about 1.4 and a larger number of long-range subsonic flight missions. They form a
new type of aircraft that is specially tailored to these requirements. The question arises as to which
engine configurations and technology levels are required to support these new applications. This
is addressed firstly by exploring the design space of potential working cycles. An aircraft model is
used to translate the results of the cycle study into an expected aircraft range. An optimal core engine
and fan configuration result from the cycle study and the derived mission ranges. The preliminary
design of the low-pressure components is investigated in the second step based on the optimal core
configuration. The highest non-dimensional parameters are encountered in subsonic flight conditions.
The highest dimensional parameters are encountered in supersonic high-altitude flight conditions.
High-overall-efficiency configurations do not result in optimal aircraft ranges. There is an optimal
number of two fan stages and a specific thrust of about 300 m/s, resulting in a maximum aircraft
range that is 11% superior to that achievable with a single-stage fan. A fan hub-to-tip ratio range that
is comparable to that of military fans is desirable, with an aerodynamic lower limit around 0.37. The
low-pressure turbine stage count is a compromise between turbine mass and size.

Keywords: supersonic business jet; aircraft engine; engine cycle; preliminary design

1. Introduction

Currently projected supersonic business jets are to complement the market segments
of today’s subsonic business jets by offering significant time savings on selected missions.
The already offered and projected mission capabilities in the business jet segment are
shown in Figure 1. Flight missions between 3000 and 4000 nm, as well as between 5000 and
7000 nm, are the most important to the so-called premium passengers [1]. They cover many
continental routes and most routes across the North Atlantic and the Pacific at subsonic
speeds. A market niche for supersonic business jets complementing these capabilities is
projected [2–4]. In view of the current market representatives shown in Figure 1, this new
type of aircraft shall outperform the current competition until a distance of 5400 nm by
offering a subsonic flight Mach number of Ma 0.95. Moreover, it shall offer significant
savings in flight time at cruise speeds of Ma 1.4 and Ma 1.1, even though refueling is
needed to achieve the required maximum range. The resulting design challenge is a subject
in the European SENECA (noiSe and EmissioNs of supErsoniC Aircraft) project and is
pursued by start-ups such as Boom Supersonic. The budget-impacted demise of Aerion [5]
illustrates the size of it.

To date, no readily available engine exists that is tailored to the specific aircraft
requirements. That is why the present paper provides performance and design assessments
of engine technologies for near-term supersonic business-jet-type aircraft. More precisely,
engine performance synthesis is linked to aircraft performance by means of a preliminary
aircraft design model. This allows mission capabilities to be examined and an engine-
architecture-dependent optimal range to be identified. Mechanical and aerodynamic
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characteristics of corresponding engine components, particularly the fan section and the
low-pressure turbine, are then analyzed in dedicated design spaces. The main purpose is to
provide and evaluate distinct design features in terms of component performance, structure,
aerodynamic loading, weight, and size, which enable substantiated decisions during the
preliminary design phase of future supersonic business jets. In theory, the knowledge
gained can be extended to other aircraft categories.

4000 6000 8000 10,000 12,000 14,000

0.6

0.8

1

1.2

1.4

Ma 0.935

Max. range in km

Cr
ui

se
M

ac
h

nu
m

be
r

−2

−1

0

1

2

3

−1

1

3

Ti
m

e
ad

va
nt

ag
e

in
h

Time advantage
over Ma 0.935
Ma 1.4
Ma 1.1
Ma 0.95

3000 4000 5000 6000 7000 8000

North
Atlantic Pacific

Max. range in nm

SSBJ

Current market representatives

Figure 1. Maximum range and cruise Mach number capabilities of business jets [6].

So far, in the literature on supersonic business jets, potential whole-engine architectures
have been compared and reviewed within the NASA N+3 Supersonic Program [7,8],
although for higher flight Mach number regimes than in this paper or other more recent
publications. A specific civil supersonic engine cycle and basic aerodynamic design were
derived in [9], without taking mechanical design, any part or component masses, or design
choice impacts on aircraft capabilities into account. A derivative strategy based on a fixed
core engine and bypass ratio was pursued in [10], while no mechanical, aerodynamic, or
aircraft impact considerations were provided. Cycle analyses coupled with mass estimation
were performed in [11], without considerations of the engine dimensions or aircraft impacts,
based on NASA’s WATE routine. The stage counts of compressor components and bypass
ratios in [9] differed noticeably from those in [10,11]. Engine-efficiency-driven aircraft
performance analysis based solely on technology level indicators is documented in [12].
Propulsion system integration and nacelle design [13,14], inlet and nozzle design [15,16], and
principal aircraft design [4] publications do not address specific bare-engine components at
all. Their topics, on the other hand, are simplified or neglected in this paper.

Various preliminary engine design systems have been presented and frequently re-
viewed in the literature. In addition to considerations regarding the mechanical and aerody-
namic design of the components, such systems also provide the basis for cost assessments.
It is common to couple several tools to achieve multi-objective modeling capabilities. As a
commercially available example, the combination of NPSS (Numerical Propulsion System
Simulation) [17] and WATE (Weight Analysis of Turbine Engine) [18] has been continuously
developed [19]. Other software tools are mostly not commercially accessible, as they are
in-house codes of research institutions and manufacturers. GESTPAN (GEneral Stationary
and Transient Propulsion ANalysis) [20] can be coupled with WeiCo (WEIght and COst
estimation) [21,22], which is also part of the TERA2020 (Techno-Economic Environmental
Risk Analysis) software environment [23], or other Chalmers noise and emissions codes [24].
Additionally used by TERA2020 are TURBOMATCH [25] and PROOSIS [26], which are the
basis of the optimization framework by [27]. GSP (Gas turbine Simulation Program) by the
Netherlands Aerospace Centre (NLR) [28], GTlab (Gas Turbine Laboratory) by the German
Aerospace Center (DLR) [29], EDS (Environmental Design Space) [30], and GTpy [31] are
also developments from the academic field. Industrial developments include MOPEDS
(MOdular Performance and Engine Design System) by MTU [32], PMDO (Preliminary
Multi-Disciplinary Design Optimization) by Pratt and Whitney Canada [33], and Genesis
by Rolls-Royce [34].
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Mass estimation methods that are not reliant on detailed mechanical design were
reviewed by [35]. Risk and cost are not part of this paper, nor are family concepts, such as
those in [36,37]. Fundamental to this paper, the work by [38] covers engine components
associated with the so-called gas generator, which consists of a high-pressure compressor,
combustor, high-pressure turbine, and high-pressure shaft.

Supersonic flight imposes unique boundary conditions on the engine, such as high
stagnation temperatures and wave drag, which result in design requirements differing
from those of engines for subsonic transport aircraft. A previous study [6] concluded
that the highest non-dimensional parameters, which are crucial for engine sizing, occur
at the subsonic top of the climb, whilst the highest stagnation temperatures, which are
crucial for secondary air system design and part lifing, are encountered at top-of-climb
conditions and top speed. A variable-geometry exhaust nozzle is considered necessary to
avoid thrust losses due to the range of nozzle pressure ratios applied. These findings were
derived by using an aircraft model based on preliminary design methods, a matching cycle
optimization, and a whole-mission simulation. Certification of such an aircraft requires
compliance with regulations regarding engine noise during take-off. The compliance was
regarded as feasible, as it was investigated against reasonable take-off distances of the
aircraft model while maintaining a maximum jet velocity of 350 m/s, which was chosen as
the upper threshold for jet noise based on [39,40]. Thus, no afterburner requirement could
be identified for any of the missions or mission sections examined. As the most important
seal of approval for aircraft performance, the achievable range also met preset demands.
The present paper provides a more generalized analysis of possible engine cycles with
engine architecture in mind. The impacts of engine technology selection are derived and
discussed by using performance synthesis and preliminary design tools for aircraft and
engine turbomachinery.

2. Materials and Methods
2.1. Reference Aircraft and Missions

All studies in this paper that were conducted at the whole-aircraft level were calculated
using the aircraft preliminary design model from [6]. It was implemented in the preliminary
design software Pacelab APD, which uses a variety of preliminary design methods. Many
of them are semi-empirical and were gained from standard works, such as [41–43]. The
design was driven by the findings of market analyses by [2,4,44,45] and the Aerion AS2
aircraft concept state before its last modification, which was the basis of [46]. According
to the market analyses, the projected market niche is best met with an aircraft capable of
covering the North Atlantic route spectrum with a design Mach number of 1.4 and a cabin
for either a private jet layout or up to 19 business class seats. The model serves to conduct
full mission calculations and to investigate engine-driven impacts; it makes no claim as the
best feasible aircraft design approach.

The aircraft configuration depicted in Figure 2 features three engines to avoid difficult
twin-engine operational performance standard clearance. The wing arrangement assumes
large portions of natural laminar flow [4]. The resulting key aircraft parameters are also
given in Figure 2. Exemplary engine cycle data had to be added in Pacelab APD in the
form of an engine deck consisting of thrusts and fuel flows for various altitudes and flight
Mach numbers, which were normalized by the sea-level static thrust. This setup allowed
for engine scaling in terms of total air flow at the aircraft model level. Wave drag was
estimated using a Pacelab-integrated code based on the Harris method [47,48]. Engine
mass mengine for the aircraft model was estimated by

mengine = 12.24 · FN,ref

1 kN
·
(

1− 1√
1 + 3/4 · BPR

)
+

10 ·OPR1/4 · ṁ/(1 kg/s)
1 + BPR

, (1)
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which was given by [35], depending on the engine reference thrust FN,ref and the corre-
sponding total air mass flow ṁ, as well as the engine bypass ratio BPR and overall pressure
ratio OPR.

maximum take-off mass 55 t

fuel fraction 49 %

maximum cross section 9.6 m2

wing area 180 m2

length 52 m

span 22 m

time to climb to ceiling 15 min

number of engines 3

Figure 2. Aircraft design geometry and key parameters.

The flight mission calculation was performed in incremental steps of altitude and time.
The mission profiles that were attached to the aircraft model were adopted from [6]. They
were based on commercial airliner climb path structures, which were complimented by
a climb cruise segment and a fuel-optimized descent. The climb segment started with an
initial climb below 10,000 ft, where an air-traffic-control-imposed speed limit of a calibrated
air speed of 250 kts applied. Above 10,000 ft, a speed schedule of a constant calibrated air
speed followed by a constant cruise Mach number, as soon as it was reached, dictated the
climb. The rates of climb were, therefore, adjusted to available thrust and air traffic control
advice, but may not be less than 300 fpm. The calibrated calibrated air speed air speed
was set to 400 kts, which was derived from the Concorde climb profiles and exceeded the
climbing air speeds of subsonic aircraft by far. Using this climb profile and a supersonic
cruise Mach number, the so-called sound barrier at Mach 1 was met just before reaching
30,000 ft. Using the exemplary engine cycle from [6], only a comparably small rate of climb
reduction was needed to pass the sound barrier, so a constant-altitude acceleration and
even a dive were not mandatory.

The initial cruise altitude could be optimized for each applicable cruise Mach number
or selected if avoidance of traffic dictated the choice. In this paper, the requirement in [6] to
climb to ceiling altitude at lower air speeds than those given by the design Mach number,
even in a subsonic mission, was also respected. Optimized initial cruise altitudes for
subsonic cruise speeds are way below airliner cruise flight levels and are triggered by the
aerodynamic design of the aircraft model, which is intended for supersonic flight. However,
avoiding any traffic is considered valuable for saving time, at least when the maximum
achievable range is not needed in a mission. In case initial cruise altitudes above those
of airliner and state-of-the-art business jet traffic are desired, the aircraft model indicates
enough residual climbing ability using the engine cycles described in later sections.

2.2. Engine Cycle Design

The specifications outlined in the previous sections determine the cycle design point in
off-design mission top-of-climb conditions. For this paper, this means a free-stream Mach
number of Ma0 = 0.95 at 14,111 m of altitude. Following the approach and results of [6],
only engine cycles are regarded that can be assigned to a two-spool mixed turbofan engine
configuration with a variable nozzle and no booster. Two examples of this configuration
are provided in Figure 3. Since no afterburner is needed, the nozzle throat area is kept
constant, while the expansion ratio is set by a variable exit area. In addition, technological
boundaries are chosen and applied to the cycle calculations.
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Figure 3. Schematics of possible engine configurations underlying the cycle.

An upper limit is considered for the compressor exit temperature Tt3. This is a material-
related boundary condition limiting the overall pressure ratio Πov of the engine in the
design mission. A rather conservative value of Tt3,max = 915 K was used by [6] to com-
pensate for the small mission-related margin between the highest occurring temperature
and the temperature range during a supersonic cruise. As a short-term limit, [49] gave
Tt3,max = 950 K. The compliance of the regarded engine cycles with these limits is discussed
in later sections. A fixed proportion of the inner and outer fan pressure ratios is assumed
to be ΠFan,i/ΠFan,o = 0.8875 per fan stage based on [50,51]. For low-bypass-ratio fans,
comparably to military designs, this is dispensable by assuming a fan blade design with
constant span-wise work distribution. The fan pressure ratio in the outer fan section is
assigned values between 1.6 and 1.8 per fan stage. Equality of the bypass and core stream
exit pressures is assumed, since the theoretical optimal ratio of the two is close to one even
for off-design behavior throughout the whole flight mission [52]. A metal temperature
limit is set for the high-pressure turbine vanes and blades. Possible values can be obtained
from [53–55], where a maximum of 1323 K is still considered to provide sufficient creep life.
A more conservative value of 1273 K is selected for this paper to also allow for safety against
high-temperature corrosion, and again because of the comparatively small temperature
differential between the top of the climb and cruise. The metal temperature imposed on the
cycle dictates the cooling air flow ṁcooling for each turbine passage through

ṁcooling/ṁgas,passage

ṁcooling/ṁgas,passage + 0.03
=

Tt,gas,passage − Tmetal

Tt,gas,passage − Tt,cooling
, (2)

where the constant 0.03 is a technology parameter for the cooling effectiveness, as described
by [52]. To allow for single-stage and two-stage high-pressure turbine designs, one cooling
flow is calculated for the stage 1 vane and a second flow is calculated for the entire
remaining turbine, conservatively neglecting the temperature drop in a two-stage turbine.

Since a fixed-geometry streamline-traced inlet, as designed by [16], is assumed and no
corresponding performance map is available,

pt2

pt0
= 0.99 ·

(
1− 0.075 · (Ma0 − 1)1.35

)
(3)

gives a semi-empirical inlet total pressure ratio pt2/pt0 based on MIL-E-5007 [56]. The
preceding factor takes pipe friction losses into account. A nozzle thrust coefficient is applied
based on NASA measurement data from [57,58], where the variable area ratio is assumed
to result in nearly constant values for the regarded flight envelope.

Cycle calculations were performed by using the NPSS software. In order to produce a
design chart for the engine cycles, the turbine inlet temperature and the total pressure ratio
were varied. Different fan stage numbers were set through corresponding exponentiation of
the fan stage pressure ratio and the high-pressure compressor pressure ratio results thereof.
Full-mission analysis using the aircraft preliminary design model requires engine decks
that are generated in the off-design calculation mode. For these off-design calculations,
component maps from the GasTurb software were used instead of standard NPSS maps.
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2.3. Preliminary Engine Design
2.3.1. Principal Modeling Structure and Capability

The Institute of Aircraft Propulsion Systems at the University of Stuttgart is devel-
oping preliminary design software tools for aircraft engine components. Their basis lies
within the structural and geometrical similarities of marketed engine components, which
are caused by applicable physical principles. The tools have a modular structure of compo-
nents and subcomponents, which is analogous to that of popular performance tools. The
implementation took place in C# in the Pacelab Suite development environment.

In the work by [38], this was performed, validated, and described in detail for core
engine components and their subcomponents. In the process, suitable design laws from the
fields of thermodynamics, aerodynamics, and mechanics were introduced. A high-pressure
compressor and high-pressure turbine flow path and blading were aerodynamically de-
signed using the mean-line and vortex methods. Radial profile distributions and Boolean
operations delivered the geometry of single-rotor blades and stator vanes, while the blade
root size was determined by using beam theory methods. Using a 2D finite-element method,
the displacement equation was solved for the compressor and turbine disks, and the stress
levels were determined. This resulted in characteristic shapes of the disks. The casing
design calculations were supported by semi-empirical formulas that covered pressure tube
dimensioning and blade containment. The combustor design neglected combustion and
emission optimization and used combustion volumes and reference velocities to provide
annular dimensional shaping.

In order to use the potential of the modular structure of the tools, design bricks
were used for the mechanical design. The design bricks contained all of the required
mathematical correlations and interrelationships and could form and incorporate entire
components, as well as subcomponents. The properties of the working gas were determined
from a fluid model, such as that described by [59,60]. Materials could be assigned to all
components in order to map meaningful physical properties. The material properties were
compiled in a database from publicly available data. In some cases, not all required material
properties were available due to the source situation, so the missing values were estimated
from relations of comparable materials. User inputs had an important role in defining
assumptions and the technology level.

In the scope of the tools, not all conceivable parts of detailed designs are included.
This is mainly due to necessary simplifications and the reasonability of reproducing parts
through preliminary design methods. Some examples of parts that are not included are
inlet casings, intermediate casings, and outlet casings, any bearings, bolts, and nuts, seals
and corresponding disks or disk arms, vortex reducers or inducer disks, any actuators
and valves, fuel and secondary air system piping, and heat shield panels. In addition,
realized engines can contain individually optimized geometries that cannot be represented
by the generalized geometries of the tools. These simplifications should be kept in mind
when considering the results obtained. Apart from the simplifications, good geometric
compliance of redesigned components with published designs is generally achieved [38,61,62].
The influences of the simplifications on the estimated total mass of the components were
given, for example, by [63]. A mass estimation of a preliminary design created with the
presented tools additionally requires calibration of the methods, as is the case with other
tools [63]. When calibrated, deviations of up to 10 % have been observed for individual
parts [38].

Single components can be coupled by means of geometric, mechanical, and thermo-
dynamic interdependencies to form assemblies. For this purpose, they were arranged in
sequence at geometric interfaces, while the input and output variables of corresponding
engine stations were passed on. The secondary air system was not modeled in detail, as it
was by [64], but cooling air mass flows could be transferred across component boundaries.
The temperature increases inside the rotating geometry of the turbomachinery components
were taken into account by the corresponding increments. Power balancing and equal
rotational speed of components connected by shafts could be set via a shaft module.
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The work by [38] especially demonstrated the potential of the developed tools for
scaling investigated components, investigating the effects of the scaling, and evaluating
design decisions. Parametric geometry generation was automated within it. Trends in
masses and dimensions can be easily examined. For this paper, the tool scope was extended
to include a fan section and a low-pressure turbine. Transition ducts were also at hand.
Since the fan dimensioning was based on the structure of the high-pressure compressor
dimensioning and the low-pressure turbine dimensioning was based on the structure of
the high-pressure turbine dimensioning, the respective basics, adaptations, and additions
are explained in the following sections.

2.3.2. Fan-Section-Related Preliminary Design Tool Changes

For the development of a tool for the generation of fan models, the general program
structure was taken over from the existing high-pressure compressor tool. At the main
component level, the thermodynamic and aerodynamic design of the fan section took
place. The thermodynamic design concerned the parameters given by the engine cycle.
The aerodynamic design determined the flow path, flow angles, and numbers of blades.
The main component was mainly composed of stages with a rotor consisting of a disk
together with blades, a stator, and a casing. In addition, the geometric representation of
a spinner as the foremost subcomponent was made possible. The options of the high-
pressure compressor tool for inlet and outlet guide vanes were omitted. At the stage level,
the optional inclusion of a splitter was made possible, as visualized in Figure 4. This
allowed fan stages to be designed with two different geometric features. If the splitter
was used, the result was a fan stage comparable to most civil turbofan engines. Here,
in the direction of the flow, the splitter directly followed the rotor, and correspondingly,
separate rows of guide vanes were created in the core and bypass flows. Without the
splitter, only a single row of stator vanes followed the rotor, and the splitter was placed
behind it as an additional subcomponent. This resulted in a fan stage comparable to those
of military turbofans.

Figure 4. Preliminary fan design model showing different stage architectures.

As with the high-pressure compressor, no prediction of efficiencies was provided
for the main component, since an input of polytropic efficiency was made by the user
as an indication of the technology level. The methods for generating a stepless flow
channel were identical to those of the high-pressure compressor tool. They were semi-
empirical correlations that imposed axial velocity distributions for all component planes
and were described in detail by [38,65]. The work distribution in the radial direction
could be modeled in different ways. While for short blades, as in the high-pressure
compressor tool, a constant-work design was reasonable, for long blades, the specific
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work near the hub could be set to be smaller than the outer area of the blade. Possible
distributions, such as those shown in Figure 5, were given, for example, by the pressure ratio
distributions according to [62,66] or—more up to date—according to [51]. Near the hub,
both distributions indicated a comparatively low pressure ratio, which was associated with
a stronger deflection at a lower circumferential speed according to Euler’s turbomachinery
equation. While the distribution from [66] showed its maximum at about two-thirds of
the blade height and, again, smaller values towards the blade tip to avoid flow separation,
the progression of the modern transonic design [51] did not show this behavior.
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Figure 5. Fan blade work distributions according to [51,66].

The calculation of the aerodynamics was greatly simplified compared to the methods of
computational fluid dynamics or streamline curvature methods [67]. However, the applied
neglect of radial flow components according to [68] was not significantly different in
the fan from that in the higher-order methods. As in the high-pressure compressor tool,
the primary objective was to map a reasonable blading. This was done analogously to the
high-pressure compressor in a first step of performing a mean-line calculation, followed by
a multilateral calculation to determine the distribution of the flow angles over the blade
height, from which typical twisted blade geometries resulted. The blade numbers for each
stage were calculated with respect to the Lieblein/diffusion factor by using the method
described by [67]. For the multilateral calculation, the use of vortex methods [69] in the
high-pressure compressor tool was adopted for constant-work designs. The method was
described in detail by [69,70]. For non-constant work designs, a solution was also sought
by using the vortex method. If no solution was found, this allowed compliance with the
implemented limits, such as a reaction and axial flow criterion at the hub, and the blade
was divided into several segments. Here, a correction using methods by [62] was applied
to the mean radius of each segment. Since the limits for aerodynamic parameters, such
as the DeHaller number and diffusion factor, vary widely in the technical literature, both
were left as user inputs, as in the high-pressure compressor tool. However, the definitions
for the flow coefficient and work coefficient were introduced for the hub section by using
meridional velocities. With these, the limit values for the DeHaller number and diffusion
factor could be tested specifically on the hub.

At the blade level, double circular arc profiles or multi-circular profiles were used to
generate the geometry. Analogously to preliminary work by [61,62], the disk calculation
was modified in such a way that the occurring loads were distributed over up to three
disk bodies. This corresponded to the inspection of realized fan disks and compensated
for the limited installation space with small hub-to-tip ratios according to [71]. The casing
calculation remained methodologically almost unchanged, whereby the dimensioning
of the containment was carried out according to [38,62]. The described procedure was
validated by [61] for flow path parameters and by [62] for an entire fan stage of a medium-
range commercial aircraft.

2.3.3. Low-Pressure-Turbine-Related Preliminary Design Tool Changes

For the development of a tool for the generation of low-pressure turbine models,
the general program structure was taken over from the existing high-pressure turbine tool.
The general procedure was very similar to that used for the compressor components. At the
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main component level, the thermodynamic and aerodynamic design of the fan section took
place. The thermodynamic design concerned the parameters given by the engine cycle. The
aerodynamic design determined the flow path, flow angles, and numbers of blades. The
main component was entirely composed of stages with a rotor consisting of a disk together
with blades, a stator, and a casing. A greater stage number was made possible compared to
the maximum two-stage high-pressure turbine tool. The bore diameters of the disks were
decoupled from each other. Possible resulting component geometries can be taken from
Figure 6.

The number of stages is entered by the user. Therefore, the feasibility of the mechanical
design must be considered during the application. Again, a mean-line calculation is
performed to determine the main gas path parameters. This incorporates the suggestions
by [72] for the axial velocity distribution. Blade numbers are determined for each stage
using the method devised by [73], with the inclusion of the Zweifel number. The methods
for blade cooling, if desired, are taken from the high-pressure turbine tool. The work
distribution among the individual stages must be made by the user. Thus, the extent
to which the aerodynamic exploitation is restricted for the first and rearmost stages can
be adjusted as desired in order to compensate for suboptimal inflow conditions caused
by the high-pressure turbine and to achieve as axial a discharge flow as possible. By
default, an equal distribution of work between the stages is otherwise expected. For the
multi-section calculation for determining the flow angle distributions in the radial direction,
the method from [69] is used. If no reasonable solution is found here, the free vortex method
is used. As a final safeguard, a distribution according to [74] can be carried out under
the assumption of a constant exit flow angle. In contrast to the tools for the compressor
components, the efficiency of the low-pressure turbine is calculated. In the low-pressure
turbine tool, the loss correlations according to [75,76] are implemented. As [69] states,
the two give quasi-concordant results. This can also be confirmed for the designs presented
in this paper.

Figure 6. Low-pressure turbine geometry.

2.3.4. Application to the Study

To investigate the scaling behaviors of the components of the low-pressure system,
parameter studies were carried out for a fan and low-pressure turbine. A detailed study of
the scaling of the components of the core engine was provided by [38]. In the fan section,
the hub-to-tip ratio was varied for a single stage. In addition, several values were used for
the circumferential Mach number of the blade tip and for the axial inflow Mach number.
According to [71], reasonable circumferential Mach numbers are in the range of 1.4 to 1.6,
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so this range was used for the study. Following [50], the axial inflow Mach number should
not exceed 0.6, as otherwise, the flow channel will be blocked by the blades if the number
of blades is reasonable. On the other hand, low axial inflow Mach numbers require a strong
flow deceleration from the free-stream Mach number of the engine, which is associated
with shock losses. In addition, after deceleration of the flow below the speed of sound,
a corresponding length of the inlet diffuser causes associated frictional losses. Therefore,
the axial inflow Mach number was only varied between 0.5 and 0.6. The effects of the
variations on mass fractions, dimensions, and mechanical and aerodynamic feasibility were
investigated. The technology level was determined by the selected boundary conditions.
For example, reasonable values were chosen for efficiency and the blade aspect ratios,
which were related according to [77]. To investigate the low-pressure turbine design,
a comparison of conceivable architectures and aerodynamic loads was sought. For this
purpose, the number of stages, the general flow path layout, the flow coefficient, and the
work coefficient were varied.

3. Results
3.1. Engine Cycle Analysis

Performing cycle calculations as previously described resulted in the design space
depicted in Figure 7. The cycle design space was reduced depending on the applied
boundary conditions. The boundary conditions applied herein resulted in distinct regions
of the plane of total efficiency and specific thrust, which were separated by the outer
fan pressure ratio ΠFan,outer. The basic structure was the same for all of those regions;
an example is illustrated in Figure 8. Applying a compressor exit temperature limit of 915 K
excluded cycles with overall pressure ratios higher than about 37.5. Additionally, cycles
with comparably high turbine temperatures were disregarded due to unrealistic turbine
cooling air needs.
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Figure 7. Cycle design trades with technology constraints and separation of engine architectures.
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Figure 8. Detailed view of the cycle design space for ΠFan,outer = 1.62.

The given values for the outer fan pressure ratio allowed for an easy identification
of different numbers of fan stages that were equal to the pressure ratio exponentiation.
A further criterion was introduced to distinguish between core engine architectures. For
example, to distinguish between engine cycles involving either a single-stage or a two-stage
high-pressure turbine, a maximum high-pressure compressor pressure ratio that can be
provided by a core engine with a single-stage high-pressure turbine may be specified. In
Figures 7 and 8, this distinction is shown as an example for a high-pressure compressor
pressure ratio of 12. Three-stage fan-based cycles were neglected for the present case for
their overall low total efficiency level and resulting aircraft performance, as presented in
the following section. Therefore, in the present case, combinations of low-pressure systems
with single- or two-stage fan and core engines with a single- or two-stage high-pressure
turbine are conceivable.

Caution is advised when evaluating the cycle data. Cycles with lower fan pressure
ratios generally exhibit the greatest overall efficiencies. This is caused by the gain in
propulsive efficiency associated with low specific thrusts. To provide the required thrust,
however, a larger air mass flow is needed. This is accompanied by a correspondingly
increased fan diameter, which, in turn, has an effect on the nacelle mass and, especially, the
wave drag. Ultimately, it is not the overall efficiency or the specific fuel consumption that
is decisive, but aircraft performance in terms of achievable range and take-off distance at a
limited jet velocity.

3.2. Effects on Aircraft Performance

This section provides study results that highlight impacts of dry engine weight, fan
diameter and total efficiency with regard to aircraft mission capability. First of all, Figure 9
shows the correlation between engine dry mass and aircraft range for engines of different
aircraft-to-engine-size ratios. For this illustration, the engine dimensions in the aircraft
model remain unchanged in each case when mass is varied. The exchange rates between
engine dry mass and range are almost identical for the two considered supersonic business
jet engine dimensions. In absolute values, they are also similar to that of two single-aisle
medium-haul commercial aircraft used for comparison. The absolute exchange rate of a
twin-aisle long-range commercial aircraft, on the other hand, deviates significantly. When
relative changes are considered instead, the two supersonic business jet exchange rates
remain almost identical, but are more comparable to that of the long-range airliner.
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Figure 9. Engine dry mass and aircraft range exchange rates for different types of aircraft: (a) absolute
changes; (b) relative changes.

In a second step, cycles from the previous section were applied as engine decks to the
aircraft preliminary design model. The thrust requirements of the aircraft determined the
air mass flow through the engine. Higher air mass flows were taken into account by using
larger fan diameters. The effect was exaggerated because the additional wave drag for
larger fan diameters added to the thrust requirements. The results are given in Figure 10,
where the overall efficiency axis from Figure 7 is replaced by an aircraft range axis, while
the four coherent areas from Figure 7 are still well differentiable. It is evident that the
engine with the highest overall efficiency does not achieve the optimal aircraft range. The
range optimum instead lies with the most efficient two-stage fan-based engine cycle. This
means that the effects of fan diameter and engine mass are not fully compensated by the
better overall efficiency due to the lower specific thrust.
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Figure 10. Achievable aircraft range for the underlying engine cycles.

3.3. Fan Section Studies

On the basis of the engine cycle that promised the best aircraft characteristics in terms
of range, the first of two fan stages is used as an example for reference. The examination
of this single stage is sufficient, since other fan stages are subject to the same design rules.
So, a second fan stage would show similar behavior. The design of the reference stage,
summarized in Table 1, is based on empirical values from the basic literature. The axial
inlet Mach number should be less than 0.6; otherwise, blockage of the rotor blades is to
be expected [50]. Existing multi-stage fans—three military fans are used for comparison—
have an outer diameter that decreases with fan section length. The reason for this was
assumed to be the ability to compensate for thermal expansion, and the outer diameter
progression was adopted for the reference fan stage. The reference fan stage also served as
a power, rotational speed, and geometrical benchmark for the low-pressure turbine studies
presented in the following section.
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Table 1. Characteristics of the reference stage.

Stage Parameter Unit Value

pressure ratio – 1.6
polytropic efficiency – 0.9
total inlet pressure kPa 60
total inlet temperature K 302
inlet mass flow kg/s 51.5
inlet hub-to-tip ratio – 0.4
tip speed m/s 451
circumferential tip Mach number – 1.5
axial inlet Mach number – 0.6

For the present design study, the hub-to-tip ratio, the axial inlet Mach number (0.5
to 0.6), and the circumferential Mach number at the blade tip (1.4 to 1.6) were varied,
and the resulting fan stage designs were analyzed. The subjects of the investigation
were dimensions of the gas path, part masses, and estimated aerodynamic loading of the
reference fan rotor. For three values of both of the varied Mach numbers and in dependence
on the hub-to-tip ratio, Figure 11 shows the inlet mean radius, the rotational speed, and the
axial length. The inlet area only changes with the axial inlet Mach number, as the total inlet
pressure and temperature, as well as the inlet mass flow, remain unchanged. Therefore, the
blade height decreases with the increase in the hub-to-tip ratio. Each combination of an
axial inlet Mach number and a circumferential tip Mach number results in a new decreasing
rotational speed curve. With the blade and vane geometry parameters unchanged, there is
also an inlet Mach number interdependency with the axial stage length, which is almost
independent of the circumferential tip Mach number. Since the stage pressure ratio and
efficiency are unchanged, for a given hub-to-tip ratio, a greater axial inlet Mach number
gives a smaller axial length.

Finally, with an increasing hub-to-tip ratio, blade numbers according to [67] (see
Equation (4)) increase for smaller blade heights hblade and larger mean diameters dmean,
but decrease for smaller flow turning |vu2 − vu1| and larger passage inflow velocities v1.
By evaluating the blade number equation

N = π · dmean ·
AR · |vu2 − vu1|

2 · hblade · v1 · (DF− 1 + v2/v1)
(4)

as depicted in Figure 12 over a wider range of hub-to-tip ratios than [38] did for high-
pressure compressors, it becomes clear that different effects actually dominate in different
spans of the hub-to-tip ratio with this method. For example, the increase in the blade
number with the hub-to-tip ratio found for high-pressure compressors [38] does not neces-
sarily apply to the range practicable for fan stages. Even with an increased circumferential
tip Mach number, the needs for fewer blades are indicated only above certain hub-to-tip
ratios. Still, the circumferential tip Mach number holds a far greater influence on the blade
numbers than that of the axial inlet Mach number; see Figure 13. Since only whole numbers
are reasonable as blade numbers, these progressions show step changes.
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Figure 11. Relative changes in flow path parameters over the hub-to-tip ratio in the fan stage,
depending on the inlet and circumferential Mach numbers.
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Figure 12. Exemplary relative change in the blade number over the hub-to-tip ratio in the fan stage.
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The effects on the total stage mass and its composition of part masses are evident in
Figure 14. The disk mass increases with the hub-to-tip ratio, while the blade and vane
masses and the casing mass decrease. The total mass curve clearly exhibits the step changes
in the disk mass, which are caused by changes in the blade number. A mass optimum for the
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present case is found at a hub-to-tip ratio of 0.466. Additionally, a minimum hub-to-tip ratio
is to be determined where the flow can still be turned at the rotor blade root. Several criteria
are mentioned in the literature, with most including the DeHaller number. Since the fan
blades can be quite long, the differences in circumferential velocity and the respective flow
turning between the hub and tip become substantial. Therefore, at small hub-to-tip ratios,
the flow might be turned through the axial direction in the rotor-fixed reference system.
Then, the DeHaller number does not represent the maximum occurring deceleration of
the flow. Estimation of exactly this deceleration is the purpose of the diffusion factor, so
instead, a diffusion factor criterion is to be used. Both relate the flow and load coefficient to
each other. Given critical values of the DeHaller number and diffusion factor, a critical load
coefficient can, therefore, be expressed through the flow coefficient. This is exemplarily
implemented for a DeHaller number of 0.72, and the outcome is illustrated in Figure 14
for the reference fan stage. Unsurprisingly, the flow and load coefficient at the hub change
with the hub-to-tip ratio. As a result, the same goes for the critical maximum achievable
load factor according to the DeHaller number limit applied. With this approach, designs
featuring load factors greater than the maximum achievable values are marked as invalid
due to the excessive aerodynamic loading at the fan rotor hub. In the present case, this
excludes all designs with a hub-to-tip ratio smaller than 0.37. The predicted mass optimum
is within the aerodynamically permissible range.
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Figure 14. Relative changes in masses and aerodynamic parameters over the hub-to-tip ratio for the
reference fan stage.

3.4. Low-Pressure Turbine Studies

As a starting point for considerations on the low-pressure turbine module, some
boundary conditions are gained from the reference fan design. This is complimented with a
second stage to form a two-stage reference fan section that is to be powered by the analyzed
low-pressure turbine designs. So, the turbines’ rotational speed and power have to be equal
to the fan values. A geometrical issue also has to be taken into account. Low-pressure
turbine designs featuring a large outer diameter can potentially be obstructive to the bypass
duct flow path. An inner bypass duct wall that evolves straight in axial direction from the
splitter is definitely not the case for every marketed turbofan engine. Still, the geometric
compatibility of the two components is observed in this study in terms of the ratio between
the outer diameter of the low-pressure turbine module and the splitter of the fan section. A
reference low-pressure turbine is defined with characteristics provided in Table 2.
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Table 2. Reference low-pressure turbine characteristics.

Turbine Parameter Unit Value

polytropic efficiency – 0.9175
total inlet pressure kPa 288
total inlet temperature K 1324
inlet mass flow kg/s 13.5
rotational speed rpm 11,000
first-stage load coefficient – 1.5
first-stage flow coefficient – 0.7

Given the boundary conditions, the question of possible numbers of stages arises. The
rotational speed range of the low-pressure shaft, which is determined by the comparatively
small fan diameter, bears resemblance to military and so-called high-speed, low-pressure
turbines [78]. Therefore, in this study, two-stage and three-stage low-pressure turbine
designs are compared, each for a design with a constant hub diameter and constant mean
diameter. For illustration purposes, Figure 6 provides low-pressure turbine designs based
on the reference values from Table 2.

The respective design spaces are mapped in Smith diagrams—in other words, within
the plane of the two work coefficients: the load and flow coefficients. The Smith diagram
illustrates the relationship between aerodynamic loading and turbine efficiency. For the
present design study, the flow coefficient and load coefficient were varied, and the resulting
low-pressure turbine designs were analyzed. The subjects of the investigation were, primar-
ily, the mechanical design’s feasibility, the mass, and the already mentioned geometrical
dimensions, as well as the exit conditions in terms of the axial Mach number and flow
angle. The exit conditions should be compatible for the turbine exit casing that is next
in the engine architecture, and eventually also for the mixer section. The inlet conditions
are dictated by the preceding high-pressure turbine, which is treated as invariant. Thus,
the inlet conditions, total pressure and temperature, inlet mass flow, and Mach number
are constant, analogously to the fan study, and likewise, a constant inlet area results. The
study’s results are visualized in Figure 15 for the mechanical design behavior and efficiency,
in Figure 16 for the total mass, in Figure 17 for the outer dimensions compared to those
of the coupled fan, in Figure 18 for the exit Mach number, and in Figure 19 for the exit
flow angle.

Most obviously, designs with a comparably high flow coefficient and load coefficient
bear lower efficiencies. As a result, maximizing efficiency comes with more aerodynamically
challenging designs. Designs featuring load coefficients that are too small are excluded due
to disk feasibility. This happens when a disk rim diameter that is too large would be needed
to compensate disk material stresses. The upper left side of the design space is limited
by the feasibility of the connecting elements of the blade and disk that can sustain the
centrifugal forces. The exact progression of the blade attachment design limit is determined
by several effects. The centrifugal forces that occur are reduced by smaller blade heights
and, hence, have larger flow coefficients, and they are likewise reduced by smaller turbine
diameters and, hence, have larger load coefficients.
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Figure 15. Comparison of the efficiencies of low-pressure turbine design maps: (a) constant hub, two
stages; (b) constant hub, three stages; (c) constant mean, two stages; (d) constant mean, three stages.

The total mass of the low-pressure turbine increases with the reduction of the work
coefficients. As a result, maximizing efficiency and minimizing mass are conflicting targets.
In Figure 16, all total masses are compared to the reference turbine values applied to a two-
stage constant hub design. In the analyzed parameter range, the relative total masses vary
from around 0.75 to more than 2.0. Two-stage designs can provide lower masses compared
to their three-stage counterparts. The conclusion can be drawn that the additional stage
involves more penalties than longer blades. These imply additional mass for themselves,
for the disk, and for the casing due to the increased containment requirements. Regarding
the flow path geometry, designs featuring a constant mean diameter offer lower masses
than constant hub designs.

The general mass distribution corresponds to the geometric dimensions, as an increase
in turbine diameter is caused by a reduction of the stage load coefficient. Higher flow
coefficients increase the axial flow velocity through the turbine and, thus, lead to reduced
flow channel heights. The maximum outer diameters, which are shown in Figure 17,
are related to the outer splitter diameter. Again, the advantages in terms of flow path
geometry lie with constant mean diameter designs. However, three-stage designs offer
smaller outer diameters than those of two-stage designs. It becomes evident that practically
no feasible designs with outer diameters smaller than the comparison diameter emerged
from the study. A comparison value of 1.27 was provided by a modern military engine.
The maximum value that can be adopted depends on the design of the bypass duct and,
possibly, the nacelle.
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Figure 16. Mass comparison of low-pressure turbine design maps: (a) constant hub, two stages;
(b) constant hub, three stages; (c) constant mean, two stages; (d) constant mean, three stages.
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Figure 17. Comparison of the dimensions of low-pressure turbine design maps: (a) constant hub, two
stages; (b) constant hub, three stages; (c) constant mean, two stages; (d) constant mean, three stages.

If a certain critical value for the exit axial Mach number is mandatory, it can serve as
an additional design limit. This would impose a boundary to the right side of the depicted
design spaces. An observed maximum of Ma 0.5 was provided in [49]. In any case, an axial
discharge flow is desirable. Any deviation from the axial direction has to be compensated
in the subsequent turbine exit casing.
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Figure 18. Comparison of the exit Mach numbers of low-pressure turbine design maps: (a) constant
hub, two stages; (b) constant hub, three stages; (c) constant mean, two stages; (d) constant mean,
three stages.
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Figure 19. Comparison of the exit flow angles of low-pressure turbine design maps: (a) constant
hub, two stages; (b) constant hub, three stages; (c) constant mean, two stages; (d) constant mean,
three stages.

4. Discussion

The findings presented here highlight the importance of an interdisciplinary approach
to preliminary aircraft design. This is especially true in the featured topic area of civil
supersonic aircraft. Aircraft and cycle designs are mutually dependent, while practicable
engine architectures and engine technology also limit the design space of the cycles; see
Figure 7. Thus, for example, the use of derivatives only provides a benefit to a supersonic
business jet design within limits that are qualitatively similar to those presented. The
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choice of flight missions to be served has a significant influence on the engine. It constrains
the aerodynamic design point of the turbomachinery components, as well as a possibly
different design point for temperature loads depending on the mission selection.

The wave drag component penalizes engine concepts that have comparatively large
overall diameters. Therefore, the evaluation of engine cycles must not be based on efficien-
cies or specific fuel consumption alone. Here, the matching with a suitable aircraft model
is decisive. The requirements of the aircraft also dictate the benefits of different engine
cycles. A set of requirements that are different from those in this paper will, thus, likely
produce different results. Examples of this include the number of engines and the climbing
capabilities in a subsonic mission.

The investigations of the preliminary engine design in this paper show that two
factors that influence the largest outer diameter of the bare engine are to be expected. Most
obviously, the fan diameter, which is determined by the design of the fan section, influences
this size. However, the comparison of different designs of the low-pressure turbine revealed
that the installation space required for this component is also a potential influence. Thus,
geometric parallels to military turbofans were given, where the fan casing certainly does
not always determine the diameter of the naked engine, but, rather, the ducting of the
bypass flow around the low-pressure turbine. The actual influence depends on the design
of the bypass duct, which was not investigated in this paper.

For the turbomachinery components investigated, it is true that small installation
space requirements can be achieved with aerodynamically highly loaded blade rows. As
expected, such a load entails a sacrifice in efficiency. If a comparative value for the size
derived from military turbofans is taken into account, the three-stage design with a constant
mean radius has the highest possible efficiency for the comparative value among the low-
pressure turbine designs presented. If a low installation space requirement is aimed for,
the component mass also develops advantageously.

The benefit of a reduced engine mass for an aircraft, which is measured in gain in
achievable range, is comparable to that of a subsonic commercial aircraft. All engine
design studies presented do not assume any technological progress beyond the state of the
art. Core engines with similar architectures as considered, and even higher compressor
pressure ratios have already been realized. In a low-pressure system, however, an as-yet
unrealized application-specific engine design is needed for optimized performance. A pure
derivative of an existing engine is, therefore, not considered reasonable.
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